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Historically, during aircraft conceptual design, only limited consideration has been given

to the aircraft subsystems, which have traditionally been addressed in the subsequent de-

sign phases. However, the design of future All Electric Aircraft or More Electric Aircraft

will require a paradigm shift due to the lack of historical data and the presence of significant

interactions among subsystems. As a result, the conceptual phase designer of such aircraft

will seek the capability to perform subsystem sizing and analysis in parallel with traditional

aircraft and propulsion system sizing and analysis. However, a significant challenge arises

from the fact that the conceptual phase designer has limited and incomplete information

regarding the design. This work presents a methodology to integrate subsystem sizing

with conceptual design phase aircraft and propulsor sizing, while utilizing only the limited

information that is available during this phase. The sizing of subsystem components is

driven by requirements definition and the identification of critical or constraining operat-

ing scenarios. The subsystems considered include the environmental control system and ice

protection system, actuation subsystems for flight control surfaces, landing gear, braking,

and nose-wheel steering, and an innovative electric taxiing concept. Using a single-aisle

narrowbody aircraft as a test case, the proposed methodology is demonstrated by compar-

ing a conventional subsystem architecture to an electric one at the vehicle and mission level,

and feeding back subsystem characteristics to the vehicle and propulsor sizing process.

I. Introduction - Subsystems Sizing in the Conceptual Design Phase

Historically, the conceptual aircraft design phase has focused predominantly on the sizing of the vehicle
itself and its propulsion system, in order to enable the vehicle to meet a set of design and mission requirements
(payload, range, cruise altitude and cruise speed, field performance requirements, etc.). A converged triplet
of required wing area (Sw), required sea-level static thrust (TSL) and vehicle gross weight (WTO) is sought,

1

with operational requirements determining the feasible region of the thrust-to-weight ratio (TSL/WTO) versus
wing loading (WTO/Sw) space (Fig. 1). The subsystems are considered insofar as their weights are estimated
from a historical database and a preliminary estimate of their non-propulsive power requirements is made in
a similar manner. The presence of a large and continuously updated historical database has largely been the
key to the effectiveness of this method. Further, the aircraft subsystems have historically been of four types:
electrical, mechanical, hydraulic, and pneumatic. Due to limited interactions existing among the different
systems, it had been possible to design and optimize them in relative isolation.

The conventional subsystem architectures featuring largely mechanical, hydraulic, and pneumatic power
(and relatively smaller amounts of electric power) have been matured over decades of aeronautical experience,
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Figure 1. Thrust-to-weight vs. wing loading constraint plot, where operational requirements (here, shown
notionally) are represented by constraint curves that collectively determine the feasible design space.

but have now reached a so-called ‘technology saturation’, a point of diminishing returns making further
increases in efficiency progressively more difficult to attain. This, coupled with rapid developments in power
electronics and electric drives,2,3 has led to a renewed interest in electric subsystem solutions as part of the
More Electric Initiative. The end goal is to develop an All Electric Aircraft (AEA), in which secondary (non-
propulsive) power requirements are solely electric in nature. An intermediate step in that transition is the
so-called More Electric Aircraft (MEA), containing some (but not all) electric subsystems. For MEA/AEA,
the traditional conceptual design process runs into several difficulties:

1. There is no historical database that the conceptual designer can rely on.

2. Previously non-existent or mild interactions among subsystems are now significant.

3. Due to the above, optimizing subsystems in isolation will likely result in vehicle-level sub-optimality.

As pointed out by Faleiro,4 a new paradigm is required that regards the aircraft and its subsystems as a
system of systems, and considers the subsystem requirements, effects, and mutual interactions even during
conceptual design. A methodology for doing so is presented in this paper, and is summarized in Fig. 2.
It starts with the definition of the aircraft and mission requirements, which are identical to those used
traditionally for aircraft conceptual design. However, the preliminary sizing and analysis of the subsystems
occurs side-by-side with that of the vehicle and propulsion system. The subsystems are sized based on
requirements that flow down from the aircraft level, and information about their effects and characteristics
is fed back into the aircraft sizing and mission analysis. The converged solution therefore gives explicit
consideration to the effects of aircraft subsystems on the vehicle and propulsor sizing and vice versa, and
provides a better starting point for more detailed subsystem analyses downstream.

The rest of the paper is organized as follows: Section II gives an overview of conventional and electric
solutions for aircraft subsystems. The objectives of this work are described further in Section III. This is
followed by details regarding the methods used for sizing and analyzing the aircraft subsystems. Section IV
deals with the actuation subsystems, Section V with the Environmental Control System (ECS), Section VI
with the Ice Protection System (IPS), and Section VII with electric taxiing. Section VIII describes the
architecting of the AEA subsystem architecture within Pacelab SysArc. Section IX compares the performance
of a baseline aircraft with that of two variants with electric subsystem architectures over a specified mission.
Section X draws conclusions from this work and identifies avenues for future research.
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Figure 2. Subsystem sizing and analysis in parallel with (not subsequent to) vehicle and propulsor sizing

II. Overview of Conventional and Electric Subsystem Solutions

Hydraulic power has historically played a key role in the actuation subsystems on aircraft. To achieve
the redundancy required for flight critical applications, typically three separate centralized hydraulic systems
have been used. Pressurization of hydraulic fluid for these systems (typically to 20-35 MPa, or 3,000-5,000
psi) has typically been done by engine driven pumps (EDP), electric motor driven pumps (EMDP), or in
some cases a combination of the two. The hydraulic systems are used to actuate the flight control surfaces,
landing gear, brakes, nosewheel steering, thrust reversers, etc. However, in addition to technology saturation,
centralized hydraulic systems have the disadvantage of being heavy (e.g., hydraulic pipework on an Airbus
A300 sized airplane3 weighs in excess of 800 kg), use flammable and corrosive hydraulic fluid, and despite
triple redundancy, are not necessarily immune to common cause failures.5 Electric actuation had been
considered as early as the 1950s (British V-bombers3), and also in more recent military projects6–10 that
have culminated in the F-35 Joint Strike Fighter with all-electric flying controls.11 Commercial aviation has
been more cautious, but Airbus, after conducting technology maturation programs on the A320 and A330
aircraft, introduced electric actuators in the Airbus A380 in parallel to conventional hydraulics for several
flight control surfaces.12 The A380 also features an Electric Thrust Reverser Actuation System (ETRAS),
and the elimination of one out of three hydraulic systems has been reported to be worth 450 kg (1,000
lb) in weight savings.13 Electric actuation has also been considered for less flight-critical controls such as
spoilers14,15 and the high-lift system.16,17 Electric actuation for the landing gear extension/retraction and
nosewheel steering functions was investigated as part of the ELGEAR project,18 although this is not found in
any commercial aircraft currently in service. Electromechanically actuated brakes are found on the Boeing
787, which uses them instead of hydraulic brakes.19 A novel concept known as “Electric Green Taxiing
System” (EGTS), where the aircraft is taxied using electric motors fitted to the main gear axles and driven
by the Auxiliary Power Unit (APU), has also been tested successfully.20

Pneumatics are typically used in most modern commercial aircraft for the Environmental Control System
(ECS) and the Ice Protection Systems (IPS). Hot, pressurized air is bled from one or more engine compressor
stages and supplied through the pneumatic system to air cycle machines that cool the air as required for
pressurization and cabin air conditioning requirements. The bleed air is also used for providing ice protection
to the wing leading edge and the engine nacelle inlets. Bleeding air from the engine compressor stages is
detrimental to engine performance, and the penalty is more severe for modern high bypass ratio engines
which have a lower core mass flow rate. The Boeing 787 is a major shift away from this norm as both its
ECS and wing IPS have been electrified in a predominantly “no-bleed architecture”.21
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III. Objectives and Proposed Approach

As established in Section I, AEA/MEA conceptual design requires greater consideration of the aircraft
subsystems and their interactions. However, given the limited information available regarding the design and
the necessity of evaluating a large number of candidate alternatives, conceptual phase subsystem analysis
methods must be computationally inexpensive and require only limited data regarding the aircraft. The
first objective of this work was to develop or suggest such methods for the major aircraft subsystems and
compare their predictions to published information where applicable.

The conservative “step-by-step” progression towards MEA reported in Section II is largely due to the
presence of significant technological uncertainty and risk. This risk can be partly mitigated if additional
knowledge regarding subsystem interactions is made available during conceptual design. Therefore, the
second objective of this work was to verify that these subsystem analysis methods could be integrated into
a framework that allowed the vehicle-level differences between combinations of subsystem solutions to be
evaluated by the conceptual phase designer of AEA/MEA. Towards this end, two subsystem architectures
were considered, and are shown in Table 1. The first was a conventional subsystem architecture, henceforth
referred to as the Conventional Subsystem Architecture (CSA) design. The second architecture featured only
electric subsystems, henceforth referred to as the Electric Subsystem Architecture (ESA) design.

The third objective was to evaluate the effect of “cycling” the design to capture the “snowball” effects
of subsystem architecture changes. To do this, as a first case, the CSA→ESA transition was made with
vehicle characteristics such as wing area (Sw) and sea-level static thrust (TSL) kept fixed. In this case,
the subsystem architecture changes only affected vehicle Operating Empty Weight (OEW) and mission fuel
burn. This corresponded to only the “analyze” function of Fig. 2 being active. This uncycled design is
henceforth referred to as ESA-U (U =⇒ “uncycled”).

In the second case, the CSA→ESA transition was made while maintaining the original thrust-to-weight
ratio (TSL/WTO) and wing loading (WTO/Sw) as the baseline CSA-design. This corresponded to both “size”
and “analyze” functions (Fig. 2) being active. In this case, subsystem architecture changes affected vehicle
OEW and fuel burn not only through the direct effect on fixed equipment weight, but also through the
“snowball” effect on vehicle structural weight caused by the changing wing area and thrust rating. This
cycled design was referred to as ESA-C (C =⇒ “cycled”).

Table 1. Conventional Subsystem Architecture (CSA) and Electric Subsystem Architecture (ESA)

Subsystem/function CSA ESA

Actuation subsystems

Control surface actuation Hydraulic Electrohydrostatic

+ Electromechanical

Landing gear actuation, Hydraulic Electromechanical

braking, nose-wheel steering

Environmental control system Pneumatic Electric

Ice protection system

Wing ice protection Pneumatic Electrothermal

Nacelle ice protection Pneumatic Electrothermal

Taxiing Engine thrust Electric

The baseline aircraft selected for this study was a single-aisle narrowbody aircraft representative of the
Boeing 737 or the Airbus A320 (Table 2 and Fig. 3(a)). Only public domain information was utilized.

The analysis was performed using MATLAB/Simulink and Pacelab SysArc,22 an interactive system
architecture investigation platform developed by PACE Aerospace Engineering and Information Technology
GmbH23 that had previously been used by the authors for analyzing the flight control actuation system.24

Pacelab SysArc’s authoring tool (“Knowledge Designer”) was used to mathematically and geometrically
define and model subsystem architecture components. The end-user application (“Engineering Workbench”)
was then used to develop and evaluate the subsystem architecture.
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Table 2. Baseline single-aisle narrowbody aircraft (CSA-design)

Parameter Symbol Value

Wing reference area Sw 124.8 m2 (1,343 ft2)

” span bw 34.3 m (112.6 ft)

” sweep (25 % chord) Λc/4 25.02 ◦

” aspect ratio Aw 9.2

” taper ratio λw 0.21

” loading WTO/Sw 622.5 kg/m2 (127.5 lb/ft2)

Sea-level static thrust TSL 242.9 kN (54,600 lbf)

Thrust-to-weight ratio TSL/WTO 0.3189

Operating Empty Weight OEW 41,871 kg (92,310 lb)

Maximum Takeoff Weight MTOW 77,655 kg (171,201 lb)

Payload WPL 14,987 kg (33,040 lb)

As evident from Table 1, the CSA→ESA transition involved the complete removal of the hydraulic and
pneumatic systems. Since substantial historical data is available regarding these, they were not modeled in
detail. Instead, the weight removed was estimated from empirical relationships.25,26 The shaft-power and
bleed requirements were estimated by considering the operation of the respective users per flight phase.

While a rapid-evaluation method is shown in this work for estimating the power and torque requirements
of electric taxiing motors, they were not considered further for either the ESA-U or the ESA-C, as the opinion
of the aircraft manufacturer involved in the EGTS test program20 seems to be that this technology will be
an add-on feature for aircraft operating on shorter routes rather than a feature the aircraft is designed with.

IV. Actuation Subsystems

To establish a dependency between top-level aircraft geometry and flight control surface actuator char-
acteristics, the control surfaces were defined relative to the main lifting surface. Changes in control surface
dimensions caused by changes in lifting surface dimensions resulted in re-computation of control surface
hinge moments, which in turn resulted in revised actuator weights, power requirements, etc.

Similarly, the analysis methods for landing gear actuation, braking, and nose-wheel steering utilized
information regarding the aircraft mass properties, such as Maximum Takeoff Weight (MTOW), Maximum
Ramp Weight (MRW), Maximum Landing Weight (MLW), etc.

For this work, the Electrohydrostatic Actuator (EHA) and the Electromechanical Actuator (EMA) (or
its variants) were considered. In an EHA, a variable-speed bi-directional motor drives directly a fixed-
displacement pump, whose pressure actuates a hydraulic cylinder. In an EMA, the variable-speed bi-
directional motor drives a reduction gearbox which in turn drives a ballscrew. An excellent description
of these actuators may be found in Botten et al.27 In previous work by the authors,28,29 rapid-evaluation
methods had been used to size these actuators based on the actuation requirements (load, speed, and stroke).

A. Flight Control Surface Actuation

All control surfaces except the trailing-edge flaps (TEFs) were assumed to be driven by single or multiple
EHAs, depending on the flight-criticality of the surface in question. The TEFs were assumed to be driven by
electromechanical leadscrew actuators, a variant of the EMA. The methods used for estimating the actuation
loads are described in brief below. Additional details may be found in previous work by the authors.28,29

1. Ailerons, Elevators, and Rudder

The two ailerons and the two elevators were each driven by two parallel EHA units, while the rudder was
driven by three. For these trailing-edge hinged control surfaces, the peak hinge moments were estimated
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(a) Flight control surfaces
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(b) Control surface & main lifting surface geometry

Figure 3. Flight control surface actuation - geometric definition of control surface & main lifting surface

using only limited information regarding the type and geometry of the control surface and the associated
lifting surface (Fig. 3(b)). The hinge moment for a given flight condition was computed as follows:

Ma = q̄Sfcf (Ch,0 + Ch,α(M) αeff + Ch,δ(M, δ) δ)

= [Ch,0, Ch,α(M), Ch,δ(M, δ)] . [1, αeff , δ]T q̄ . Sfcf . (1)

The first group of parameters (Ch,0, Ch,α(M), Ch,δ(M, δ)) are the hinge moment coefficients, for which
look-up tables were created using an empirical methodology provided by Roskam.30 The coefficient Ch,0

(non-zero for cambered surfaces) was assumed to be invariant to Mach number and deflection.
The second group of parameters (q̄, αeff , δ) represent a flight condition. The flight conditions yielding

the maximum hinge moments have been described by Scholz31 and were determined as follows:

• Ailerons (FAR 25.349) - Three flight conditions were considered: (i) Full deflection at design maneuver
speed (VA), (ii) a deflection generating the same roll rate as (i) at the design cruise speed (VC), and
(iii) a deflection generating one-third of this roll rate at the design dive speed (VD).

• Elevators (FAR 25.255) - The hinge moments resulting from elevator deflections that generated a
specified recovery load factor in response to a runaway failure of the trim system were evaluated over
the flight envelope. The maximum moment thus obtained was selected as the sizing hinge moment.

• Rudder (FAR 25.149) - The one engine inoperative (OEI) condition at the minimum controllable
airspeed (VMCA) was evaluated. Additionally, the moments arising from maximum available rudder
deflection were evaluated, with rudder deflection available at equivalent airspeed Ve being assumed to
be given by ± δr(Ve) = ± |δ

max
r | (VMCA/Ve)

2, limited physically to ± |δmax
r |.

2. Flight and Ground Spoilers

Each flight and ground spoiler panel was actuated by a single EHA. The hinge moments for extended and
retracted conditions were computed using a method given by Scholz:31

Mext =
1

2
ρV 2

l

(

1

2
CD sin2 δsp

)

Sspcsp, Mret = Ksp
csp Ssp W nz

c(ysp) b π

√

1−

(

2 ysp
b

)2

,

where Ssp and csp are the spoiler planform area and chord, δsp its deflection, c(ysp) the wing chord at
spanwise location of spoiler, b the wingpsan, W the aircraft weight, and nz the load factor. The author
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recommended CD = 1.5 − 1.8, Vl = 1.14 V∞, and Ksp = 1.5. The critical flight conditions yielding the
maximum hinge moments were set as follows:

• Flight spoilers - The maximum hinge moments were assumed to occur for full spoiler extension during
an emergency descent performed at the design dive speed (VD).

• Ground spoilers - Since the ground spoiler circuit requires weight-on-wheels (WoW) for activation, a
landing at maximum rated tire speed was selected as the sizing condition.

3. High-lift Devices

Each leading-edge device was actuated by a single EHA, while each TEF was driven by two electromechanical
leadscrew actuators. High-lift device actuation loads are strongly dependent on flap mechanism kinematics,
which vary greatly among aircraft. Since detailed air loads analyses of flap mechanisms were beyond the
scope of this work, flap actuating loads were derived by scaling the loads from published wind-tunnel studies
(e.g., for Krueger flaps32 and slats33) to the size of the analyzed aircraft, or by matching the load capabilities
of existing actuators (e.g., for TEFs). Peak loads were assumed to occur at the maximum flap extension
airspeed (VFE). Table 4 summarizes the actuation requirements of the control surfaces considered. The
maximum rate for the ailerons, elevators, rudder, and flight spoilers was representative of the higher rate
requirements of modern automatic flight control systems.34 The high-lift device actuation rates were set
based on the typical flap extension/retraction times of aircraft currently in service.

Table 3. Summary of flight control surface actuation requirements

Control Surface Actuating Load Rate #/Aircraft

Ailerons 4,200 Nm 60◦/s 2

Elevators 7,600 Nm 60◦/s 2

Rudder 8,200 Nm 60◦/s 1

Flight spoilers 4,200 Nm 60◦/s 8

Ground spoilers 3,800 Nm 40◦/s 4

Trailing-edge flaps 51,000 N 102 mm/s 4

Leading-edge slats 6,300 N 60 mm/s 8

Krueger flaps 5,600 Nm 16◦/s 4

B. Landing Gear Actuation

The main landing gear legs were assumed to pivot about an axis parallel to the aircraft’s longitudinal axis,
retracting into the main landing gear bay. The nose gear was assumed to pivot about an axis parallel to the
aircraft’s lateral axis and retract forward into the nose landing gear bay.35 Li and Fielding36 showed that of
the gravitational, aerodynamic, frictional, and inertial moments acting on the landing gear during actuation,
the gravitational moment dominated. This was the only effect considered in this work. Viscous friction was
assumed at each revolute joint associated with the main gear, sidestay, and stabilizing links, resulting in an
overall mechanism efficiency of ηm. The uplock and downlock actuators were not modeled in this work.

Figure 4 shows the relevant kinematic parameters for the main landing gear mechanism, however the
same kinematic relationships are valid for the nose gear. Considering moments about the landing gear pivot
point C, the length c (related to actuator ram position) and the required actuator force F were computed
as a function of landing gear leg angular position θ.

c(θ) =
√

a2 + b2 − 2ab cos(θ + φ),

F (θ) =
Wlg ℓcg cos θ

√

a2 + b2 − 2ab cos(θ + φ)

ηm a b sin(θ + φ)
(2)
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Table 4. Main and nose landing gear retraction mechanism parameters

Parameter Nose gear Main Gear

Llg 2.26 m 3.68 m

BC (a) 0.09 Llg 0.09 Llg

CA (b) 0.28 Llg 0.28 Llg

CG (ℓcg) 0.5 Llg 0.5 Llg

φ 80◦ 80◦

Wlg 0.5% MTOW 1.25% MTOW

ηm 0.80 0.80

θup, θdn -20◦, 90◦ 25◦, 90◦

∆t 15 sec 15 sec

The actuator’s stall load F0, stroke s, and maximum ram speed vmax were then computed as

F0 = max
θ∈[θup,θdn]

F (θ), s = c(θdn)− c(θup), vmax =
s

∆t (1− ǫ)
, (3)

where θup and θdn are respectively the “up” and “down” leg angles, and ∆t is the retraction time. The
mechanism was assumed to have angular acceleration/deceleration over equal time intervals ǫ ·∆t, ǫ ∈ (0, 1).
For the remaining time ∆t (1− 2ǫ), retraction was assumed to occur at the maximum ram speed vmax.

The landing gear weight was made parametric with respect to the aircraft maximum takeoff weight.37

Dimensions a, b of Fig. 4 were set as fractions of the landing gear leg length Llg (from pivot to ground contact
point), and early design guidelines25 were used to set ℓcg (Table 4).

Figure 4. Landing gear retraction kinematics (A: actuator-strut attachment point, B: actuator-airframe at-
tachment point, C: landing gear pivot point, G: landing gear leg center of gravity)

C. Wheel Braking

The brake actuation requirements were determined from the two static cases (aircraft stationary) and two
dynamic cases (aircraft decelerating) shown in Table 5. The static cases corresponded to the ability of the
brakes to hold the aircraft during a full-throttle run-up and while parked on an incline of a specified gradient.
The two dynamic cases were an accelerate-stop case corresponding to a rejected takeoff at maximum takeoff
weight and a landing deceleration case at maximum landing weight (FAR 25.735 (f)(1) & (f)(2)38).

It was assumed that there were four braked wheels, two per main landing gear leg (nbrk = 4). Assuming
equal braking contributions from all braked wheels, the braking force per braked tire Fb was found from a
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force balance in the longitudinal direction (Fig. 5(a)):

W

g

dV

dt
= T −D − F tot

b − Ff +W sin θ,

=⇒ F tot
b = T −D − Ff +W sin θ −

W

g

dV

dt
, Fb =

F tot
b

nbrk
. (4)

To obtain a conservative estimate, factors reducing the braking requirement, such as longitudinal load
transfer, rolling friction on the nose gear, and the aerodynamic drag were neglected (Ff ≈ 0, D ≈ 0).

The braking force per tire was used to compute the braking torque required per tire using the free body
diagram of the braked wheel (Fig. 5(b)) as shown in Eq. 5, where the effect of wheel inertia has been neglected
in comparison to the magnitude of the braking and ground friction torques.

Iwheel
d

dt
ωwheel = FbRtire − τb =⇒ τb = FbRtire − Iwheel

d

dt
ωwheel ≈ FbRtire (5)

Table 5. Static and dynamic cases for establishing braking requirements

Case description Full-throttle run-up Parking on incline Accelerate-stop Landing decel.

Case type Static (S1) Static (S2) Dynamic (D1) Dynamic (D2)

Aircraft weight MTOW MRW MTOW MLW

Thrust setting Max. SLS - Idle Idle

Ground speed - - 72 m/s (140 kts) 75 m/s (145 kts)

Deceleration - - 1.8 m/s
2
(6.0 ft/s

2
) 3.0 m/s

2
(10 ft/s

2
)

Opposing gradient 1.1◦ 1.1◦ 1.1◦ 1.1◦

(a) Longitudinal forces on decelerating aircraft (b) Free body diagram of braked wheel

Figure 5. Translating required braking force per tire to required braking torque per wheel

Modern aircraft brakes consist of alternate “rotor” and “stator” elements that collectively form a “heat-
stack” (Fig. 6(a)), with four to five rotors being commonly used. Assuming nf friction pairs formed by such
an arrangement, the braking torque τb and the required axial force Fa were related as:

τb = nf

∫ ro

ri

r.p(r).dA, Fa =

∫ ro

ri

p(r).dA, dA = 2πr.dr, A = π(r2o − r2i ) (6)

The relationships shown in Eq. 6 were solved with the assumption of uniform pressure (“u/p”) distribution,
i.e. p(r) = p = Fa/A, or of uniform wear (“u/w”), where r·p(r) = constant. With these assumptions, the
torque and the axial force are related as follows:

τb = C(.) Fa, . . . Cu/p = nf
2

3
µ

(

r3o − r3i
r2o − r2i

)

, Cu/w = nf µ
ro + ri

2
(7)
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(a) Geometry of brake rotors and stators (b) Nose gear and nose-wheel steering geometry

Figure 6. (a) Translating braking torque to required axial force for braked main wheels, (b) Translating ground
lateral force to steering moment for steered nose-wheel

For the ESA-design, this force requirement Fa was used to size the brake EMA. The EMA rate requirement
was based on the closure of the running clearance (≈ 10 mm) in a specified time (≈ 50 ms).39 When sized for
the baseline aircraft, the peak power requirement was around 19.8 kW during ABS operation (combination
of high load and high rate), while steady state application of the maximum axial load consumed under 1
kW. These compared well with results from the Power Optimized Aircraft program.40

The heat-stack mass (mhs) was estimated based on the thermal capacity required to dissipate the kinetic
energy of the aircraft as heat without exceeding a maximum permissible gross temperature rise ∆Tmax:

∆KE = mhs c ∆Tmax (8)

The material properties and permissible temperature rise used for this work are shown in Table 6, and
resulted in good agreement with published brake assembly weights and weight-savings for aircraft of this
category.41,42 It should be noted that the permissible temperature rise refers to a gross temperature rise for
the mass of the whole heat-stack, since there are significant temperature gradients within the brake itself.43

Table 6. Brake system parameters assumed for CSA and ESA designs

Parameter Steel (CSA) C-C (ESA)

Specific Heat (c) 544.3 J/kg/K 1297.9 J/kg/K

Permissible temp. rise (∆Tmax) 500◦ C 500◦ C

Friction coefficient (µ) 0.3 0.3

Dissipated kinetic energy (∆KE) max. of D1 & D2 max. of D1 & D2

D. Nose-wheel Steering

For determining the actuation requirements of the nose-wheel steering system, the aircraft was assumed to
be at its Maximum Ramp Weight (MRW). Representative values for the nose gear parameters (Table 7) were
set based on the type of aircraft considered.26 The maximum nose gear normal reaction Fnlg

z was computed
in accordance with FAR 25.499, assuming a dynamic load factor κ = 1.33. The critical horizontal load seen
at the tire-to-ground contact point was set to 0.8 times the normal reaction (Fnlg

y /Fnlg
z = 0.8). From the

NWS geometry shown in Fig 6(b), the effective moment arm is seen to be given by Leff = xtire cos θr, using
which the sizing moment was computed as

Mnws
max = Leff Fnlg

y,max = Leff

(

Fnlg
y

Fnlg
z

)

Fnlg
z,max = (xtire cos θr)

(

Fnlg
y

Fnlg
z

)

(κ ǫs MRW ) (9)

The results obtained using Eq. 9 were in good agreement with those published from the ELGEAR project44

for the Airbus A320 aircraft. The available moment was required to be independent of the nose-wheel angle,
however, above 50% of the maximum angular rate, the available moment was assumed to decrease linearly
to zero (no-load) at the maximum angular rate.
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Table 7. Nose landing gear (NLG) & Nose-wheel steering (NWS) parameters

NLG parameters Symbol Values

Max. static load ǫs 15 %

Rake angle θr 7◦

Tire radius rtire 38 cm

Tire trail xtire 18 % of tire radius

NWS parameters Symbol Values

Deflection δmax, δmin ± 75◦

Rate ωmax, ωmin ± 20◦/s

V. Environmental Control System

A. Cabin Thermal Loads

Figure 7. The flight deck and cabin zones A, B, C, and D

The aircraft was assumed to comprise five zones: the flight deck and temperature zones A, B, C, and D
(Fig 7), with respective target temperatures Tfd, Ta, Tb, Tc, Td. Each zone was assumed to have a net thermal

load Q̇i = Q̇loss,i − Q̇int,i, considered positive for heat addition to the zone.

The heat loss to the ambient (Q̇loss > 0 when heat is lost to the ambient) was modeled as essentially radial
heat flow through three thermal resistors in series: convection between the cabin zone air at temperature
Ti and the inside wall at temperature Tw, conduction to the outer skin of the aircraft at temperature Tskin,
and convection to the ambient at temperature T∞. The heat loss to the outside is then given by:

Q̇loss,i =
Ti − Taw

Rtot
, Taw = T∞

(

1 +Rc
γ − 1

2
M2

)

Rtot = Rconv,int +Rskin +Rconv,ext

Rconv,int =
1

hint Ai
, Rconv,ext =

1

hextAi
, Rskin =

∑

j

δj
kj Ai

(10)

where Taw is the adiabatic wall temperature, Rc the temperature recovery factor, and hext the external
convection coefficient (described further in Section VI). Ai is the cabin dissipating surface area. An internal
convection coefficient hint = 5 W/m2/K and a skin thermal resistance of R = 0.2 m2/W/K were assumed.

The internal heat loads (Q̇int,i ≥ 0) that were considered were the thermal load due to the metabolic
heat of occupants (73 - 100 W per person) and also loads such as galley loads, In-flight Entertainment (IFE),
etc (Table 12). The effects of incident solar radiation or radiant heating through transparencies were not
considered. Further the dynamic “pull-up” or “pull-down” case simulations were not attempted, since it
required a more detailed lumped capacitance model of the aircraft cabin (including deep thermal masses).
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B. Air Distribution and Recirculation

The minimum mass flow rate into a cabin zone was set either by considering the air cycle time (the time
∆tcycle required to have a complete exchange of the air volume Vzone within the zone) or by specifying a
minimum volume flow rate per occupant (e.g., 20 cfm).

ṁmin
i =

Vzone

∆tcycle
, (based on air cycle time)

= ρair V̇per pax npax, (based on volume flow rate per occupant) (11)

The air inlet temperature was constrained to Tin ∈ [Tmin
in,i , T

max
in,i ] through the following sequence:

Q̇i = ṁmin
i Cp,air (T̃in,i − Ti), (solve for T̃in,i)

Tin,i = min
(

Tmax
in,i ,max

(

Tmin
in,i , T̃in,i

))

, (respect inlet temperature constraints)

ṁi =
Q̇i

Cp,air (Tin,i − Ti)
. (compute required mass flow rate) (12)

It is clear that ṁi > ṁmin
i if either of the temperature constraints become active. In general, each cabin zone

may have its unique solution for Tin,i. However, all the zones are supplied from the same recirculation/mixing
manifold, which can only supply air at a single temperature Ts. The lowest required inlet temperature from
among all zones was used to determine the output temperature from the mix manifold (Ts = mini Tin,i).
The higher inlet temperatures required by the remaining cabin zones were satisfied by adding hot “trim” air,
which bypasses the air cycle machines. The required trim air mass flow for each cabin zone ‘i’ was computed
by applying the first law of thermodynamics to the zone.

Q̇i = ṁi Cp,air Ts + ṁtrim,i Cp,air Ttrim − (ṁi + ṁtrim,i) Cp,air Ti

=⇒ ṁtrim,i =
Q̇i − ṁi Cp,air (Ts − Ti)

Cp,air (Ttrim − Ti)
(13)

The mix manifold received return air from all the cabin zones, ṁret =
∑

i (ṁi + ṁtrim,i). The recirculation
fraction κ ∈ (0, 1) determined the ratio of fresh air to recirculated air in the output mass flow from the mix
manifold, i.e. ṁrecirc = κ

∑

i ṁi. The required mass flow rate from each air cycle machine “pack” (ACM
pack), assuming equal contribution from ‘n’ such active packs, was given by ṁacm = (1−κ)

∑

i ṁi/n. From
mass conservation, mass was expelled from the aircraft at the rate ṁexh = ṁret − ṁrecirc.

C. Air Cycle Machine

For both the conventional and electric ECS, the bootstrap air cycle machine was assumed to operate on
identical thermodynamic processes which, for sake of continuity, are presented in the Appendix. For the
conventional ECS architecture, the source of cabin air was hot air bled from the engine compressor stages,
while for the electric ECS, air was admitted through dedicated air inlets and compressed using Cabin Air
Compressors (CACs) prior to being fed into the ACMs. For both cases, the cooling stream was considered to
be ram air admitted through a separate dedicated ram air inlet and expelled through a dedicated nozzle.45

VI. Ice Protection System

While several solutions exist for aircraft ice protection systems,46,47 only two types are considered in this
work: pneumatic and electrothermal. The ice protection system was assumed to comprise

1. Wing Ice Protection System (WIPS) - for leading-edge slats 2, 3, 4, 6, 7, and 8

2. Cowl Ice Protection System (CIPS) - for the inlets of the two engine nacelles

Detailed analyses and optimization of the IPS design can be performed using a combination of computa-
tional fluid dynamics and finite element methods.48–51 However, these require detailed information regarding
wing geometry and IPS layout that are neither available nor “frozen” in the conceptual design phase. This

12 of 24

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 M

at
hi

as
 E

m
en

et
h 

on
 F

eb
ru

ar
y 

11
, 2

01
7 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I:
 1

0.
25

14
/6

.2
01

4-
30

12
 



work utilized a simpler approach more suited to conceptual design, where the heat flux required to maintain
the protected surface at a desired temperature Tskin against a freestream ambient temperature T∞ was
computed. This heat flux varies with the flight condition, and is the result of five heat transfer processes:
convection, sensible heating, evaporation, kinetic heating, and aerodynamic heating.

q̇tot = q̇conv + q̇sens + q̇evap + q̇kin + q̇aero (14)

Some of the heat flux components shown in Eq. 14 depend on the local water “catch rate”, which is defined
as the mass of water impinging per unit time per unit area of protected surface:

ṁlocal = v∞ ρLWC Em, (15)

where v∞ is the freestream velocity, ρLWC is termed the “liquid water content” (LWC), and Em is the water
catch efficiency factor. Meier and Scholz52 established that the following simple expression may be used to
approximate this parameter with acceptable error:

Em = 0.00324
(v∞

t

)2

, (16)

where t is the maximum thickness presented by the protected surface perpendicular to the freestream (for
a wing section, this is the maximum thickness of the airfoil of that section). The LWC was obtained as a
function of air temperature from FAR 25, Appendix C38 assuming a mean droplet size of 20 µm.

The convective heat flux was computed as

q̇conv = h0(Tskin − T∞), h0 =
Nu k0

x

Nu = 0.0296 Re4/5 Pr1/3, Re =
ρV∞x

µ
, Pr =

µCp

k0
(17)

where h0 is the effective convection coefficient. The Reynolds number (Re), Nusselt number (Nu), and
Prandtl number (Pr) in Eq. 17 were computed based on the atmospheric density (ρ), dynamic viscosity
(µ), thermal conductivity (k0), and specific heat of air at constant pressure (Cp) pertaining to a given flight
condition. The characteristic length x was chosen to be the semi-chord of the slat for WIPS and the length
of the engine nacelle for CIPS.

The sensible heat flux was computed as

q̇sens = ṁlocal (∆T ((1− n) cw + n ci) + n Lf )

∆T = Tskin − T∞, n =
cw(Tref − T∞)

Lf
, (18)

where the freezing fraction n ∈ [0, 1] was computed as suggested by Krammer and Scholz,53 and cw, ci, Lf

and Tref are respectively the specific heats of water and ice, the latent heat of fusion of ice, and the melting
point of ice (273 K).

The heat flux due to evaporation was computed as

q̇evap = min

(

ṁlocalLe, − 0.7 h0 Le
Rh e∞ − eskin

p∞Cp

)

(19)

where p∞ and Le are respectively the freestream pressure and latent heat of evaporation of water. The
freestream and heated surface saturation vapor pressures e(.) were computed based on their respective tem-
peratures.

The heat gained due to kinetic and aerodynamic heating are

q̇kin = −ṁlocal
v2
∞

2

q̇aero = −Rc h0

(

γ − 1

2

)

M2
∞

T∞

Rc = 1− 0.99 (1− Pr0.5), (20)

where Rc is the temperature recovery factor, γ the ratio of specific heats of air, and M∞ the freestream
Mach number.
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(a) Pneumatic ice protection system (b) Electrothermal ice protection system

Figure 8. Pneumatic and electrothermal wing ice protection systems (WIPS)

A. Pneumatic Ice Protection System

These systems use hot bleed air extracted from the compressor stages of the engine, which is ducted to
the surfaces to be protected and then discharged through piccolo tubes to transfer heat and maintain a
desired surface temperature (Fig. 8(a)). The magnitude of the heat flux delivered is high in the case of
evaporative systems, where the impinging water droplets are completely evaporated by supplying sufficient
heat to maintain the surface at 37 - 50◦ C.46,54 For running-wet systems, the heat flux is lower as the surface
temperature is maintained just above freezing (4 - 10◦ C). While the energy requirement for running-wet
systems is lower due to the lower heat flux required, there is still the potential danger of “runback ice”
forming on the surface further downstream as the water re-freezes.

The bleed air required to maintain the protected surface area Aprot at a desired temperature Tskin against
a total heat flux of q̇tot (Eq. 14) was computed through a steady-state energy balance involving:

• Heat transferred to the air in the heated bay by the heating stream of mass flow rate ṁbleed, entering
at the bleed air supply temperature Tsupply and being exhausted overboard at the same temperature
as the air in the bay

• Heat transfer via convection from the heated bay, assumed to be at a mean temperature T̄bay to the
inner wall of the heated surface at a temperature Twall

• Heat transfer via conduction through the thickness tskin of the heated surface, which has thermal
conductivity kskin

The resulting system of equations is shown in Eq. 21. The assumption of a mean bay temperature T̄bay and
exhaust of the airstream at that temperature was found to be justifiable based on the flow-field analysis
results of Hua and Liu51 for the same ice protection setup. As established by Wright et al.,55 the internal
convection coefficient hint varies significantly as a function of distance from the jet streams emanating from
the piccolo tubes. For this work, the mean value from the range provided by Wright et al. was used.

Twall = Tskin +
q̇tot tskin
kskin

≈ Tskin

T̄bay = Twall +
q̇tot
hint

ṁbleed =
q̇tot Aprot

Cp,air (Tsupply − T̄bay)
(21)

B. Electrothermal Ice Protection System

In these systems, electric heating pads are bonded to the surface to be protected. When energized, the pads
generate heat and heat the protected surface to a temperature that is sufficient to melt ice formations. One
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example of such a system is that of the Boeing 787 Dreamliner, in which the WIPS is electrothermal in
nature. Krammer and Scholz53 have presented an elegant method suitable for the initial design and analysis
of such a system without a priori knowledge of the detailed wing geometry, and this method was utilized in
this work with only minor modifications.

In the electrothermal ice protection setup (Fig. 8(b)), the protected area is criss-crossed by spanwise
and chordwise heating strips known as “parting strips” which take up κps ∈ (0, 1) fraction of the total
protected area. The parting strips are continuously heated surfaces and are supplied with a heat flux q̇ps.
The remaining (1 − κps) fraction of the protected area is composed of surfaces that are cyclically heated.
It is assumed that these cyclically heated surfaces are energized (i.e., heated) for a duration theat within a
cycle of duration tcyc, giving an effective activity ratio κcyc = theat/tcyc.

Since the parting strips are continuously heated surfaces, the heat flux that must be supplied to them is
the same as the total heat flux of Eq. 14, i.e., q̇ps = q̇tot . To compute the heat flux required for the cyclically
heated surfaces, it is necessary to make an assumption as to the minimum thickness of ice ℓice that must be
melted in order to allow the ice buildup above it to be dispatched by the pressure of the freestream. The
mass of ice per unit protected area to be melted is then given by mice = ρice ℓice, and the melting takes
place over the “heat on” portion of the cycle. The required effective heat flux q̇eff , and thus the required
electrical power Preq input are given by

q̇cyc =
mice

theat
(ci (Tref − T∞) + Lf ) ,

q̇eff = q̇ps κps + q̇cyc (1− κps) κcyc,

Preq =
Aprot q̇eff

ηheat
, (22)

where ηheat is the overall efficiency of the electrothermal ice protection system. The area ratio between the
parting strips and the cyclically heated surfaces would ideally be determined through system optimization.
The ratio of on/off times of the cyclic heaters would additionally be varied based on feedback from ice
detection sensors. This level of detail was not included in this work, and the values assumed for the relevant
parameters are shown in Table 8.

Table 8. Electrothermal IPS parameters

Parameter Symbol Values

Parting strip area ratio κps 20 %

Cyclic heating activity ratio κcyc 5 %

Heat “on” time theat 9 sec

Ice thickness to melt ℓice 0.5 mm

Protected area / wing Aprot 3.45 m2

Protected area / nacelle ” 4.01 m2

Overall heater efficiency ηheat 70 %

VII. Electric Taxiing

The operational requirements for an electric taxiing system are the ability to produce the acceleration
required to attain a certain taxiing speed in a specified time, the ability to sustain a specified taxiing
speed, and the ability to achieve breakaway torque against a specified opposing gradient. To evaluate these
requirements, Fig. 5(a) was considered with T = 0, D ≈ 0, and with the resistive force now replaced by a
tractive force Fd. To ensure sufficient traction even in low-grip conditions, it is advantageous to incorporate
the electric drive system on the main gears, which each carry approximately 45% of the aircraft weight.
Assuming one motor on each main landing gear axle, the required tractive force may be obtained from

2 Fd − Ff = m
dV

dt
, =⇒ Fd =

1

2

(

Ff +m
dV

dt

)

. (23)
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The acceleration profile a = dV/dt was assumed to be one that provided a velocity increment ∆v in time ∆t
but reduced linearly with time to zero at the end of the acceleration interval.

amax =
2∆v

∆t
, a(t) = amax

(

1−
t

∆t

)

=⇒ v(t) = v(0) + amaxt−
amax

2∆t
t2 (24)

The instantaneous and maximum shaft torque and shaft power were then obtained as

τm(t) =
Fd(t) rtire

ηm
, τm,max = max

t∈[0,∆t]
τm(t),

Pm(t) = τm(t) ωtire(t) =
τm(t) v(t)

rtire
, Pm,max = max

t∈[0,∆t]
Pm(t), (25)

where rtire is the tire radius and ηm the power transmission efficiency downstream of the motor output
shaft. The requirements for the electric taxiing system (Table 9) were set based on those from the Airbus
Electric Green Taxiing System (EGTS) test program.20,56 The computed shaft power for the acceleration
case (Figure 9) shows good agreement with the published power rating of 50 kW from the EGTS program.

Table 9. Electric Taxiing Requirements

Scenario Initial speed Final speed Time interval Gradient Loadout

Acc. to max taxi speed 0 kt 18 kt 90 sec - MTOW

Acc. for runway crossing 0 kt 10 kt 20 sec - MTOW

Maintain max taxi speed - 20 kt - - MTOW

Achieve breakaway 0 kt - - 1.5 % MRW
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Electric Taxiing Motor Shaft Power Requirement for Accelerating to 20 kts Taxiing Speed
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η = 0.85
Taxiing speed

Figure 9. Shaft power requirement (kW) for each of two electric taxiing motors for acceleration to 18 kts
taxiing speed in 90 seconds. Aircraft MTOW is 79,000 kg. Rolling friction coefficient 0.03. Nose landing gear
weight fraction 15 %. Efficiencies are for power transmission downstream of motor output shaft.

VIII. Establishing Subsystems Architecture

The ESA was developed in Pacelab SysArc based on the power generation and distribution system
shown in Fig. 10, which was partly influenced by that of the Boeing 787.21,57 Two permanent magnet
starter-generators (PMSGs), generating variable frequency AC, were fitted on each engine. These energized

16 of 24

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 M

at
hi

as
 E

m
en

et
h 

on
 F

eb
ru

ar
y 

11
, 2

01
7 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I:
 1

0.
25

14
/6

.2
01

4-
30

12
 



Figure 10. Layout of electrical network considered for the ESA-design.

Table 10. Mass deletions and additions while transitioning from CSA-design to ESA-design

Deletions Additions ∆ Mass (kg)

Hydraulics & pneumatics −540

Conventional surface controls −1,451

Electric CS & LG actuators + 996

Conventional brakes (x 4) −760

EMA brakes (x 4) + 582

Electric nose-wheel steering + 79

Pneumatic WIPS & CIPS −61

Electrothermal WIPS & CIPS + 95

ECS Cabin Air Compressors (x 4) + 80

(50 kW each, 2.5 kW/kg)

2 x 120 kVA generators −87

(2.76 kVA/kg)

4 x 135 kVA generators + 196

(2.76 kVA/kg)

Additional wiring/cabling + 84

ATRU (x 4) + 130

Higher capacity APU (from + 98

100 kW to 280 kW, 1.83 kW/kg)

Net fixed equipment ∆ Mass : − 560 kg (− 1,232 lb) ← −2,899 + 2,339

four AC busses, which directly supplied resistive loads such as the IPS, galley loads etc. Auto-transformer
Rectifier Units (ATRUs) were used to convert AC to DC and power three ± 270 VDC busses which were used
to drive the other loads such as the actuators and ECS motors. Electric subsystem loads were distributed
among these three busses in a manner similar to the association of hydraulic users to independent hydraulic
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systems, in order to maintain safe flight in the event of a bus, generator, ATRU or engine failure. This
redundancy was augmented by the APU, a ram air turbine (RAT), and cross-tie switches enabling certain
failures to be bypassed by connecting two DC busses or two AC busses.

Table 10 shows the major mass deletions and additions associated with the CSA→ESA transition. The
masses of hydraulic and pneumatic systems, conventional surface controls, and conventional IPS were esti-
mated empirically25 or from previous studies.58 The weights of electric actuators, EMA brakes, the electric
nose-wheel steering actuator, etc. were estimated based on the methods presented in preceding sections.
The weights of the electrothermal IPS heating pads were estimated based on the material properties and
thicknesses reported by Al-Khalil et al.54 The transition resulted in an increase in required generator ca-
pacity per engine, which was determined to be 270 kVA (divided equally between two generators), based on
the power requirement of essential loads such as ECS, IPS, the peak power draw of primary flight controls,
essential electrical/electronic loads, etc., during One Engine Inoperative (OEI) condition.

IX. Mission Performance Analysis of Architectures

A. Non-Propulsive Power Requirements for Mission Segments

The performance of the CSA and ESA designs was evaluated over the course of the mission shown in Fig. 11.
For both, control surface movements were characterized using normalized deflection amplitudes +δ̄/− δ̄ and
frequencies f as shown in Table 11. Figures shown for the “Cruise” segment correspond to flight through
turbulence which was assumed to occur for 20% of the cruise segment duration. High-lift device extension
and retraction were scheduled in a manner representative of normal commercial aircraft flight operations.

Table 12 shows certain loads common to both the CSA and the ESA designs. These were derived from
previous studies on All Electric Aircraft.2,58 These loads were constant for all the flight phases with the
exception of the galley loads, which were assumed to exist during the climb and cruise segments.

Also shown in Table 12 are averaged secondary power requirements applicable only to the CSA-design.
The hydraulic system power demand was computed based on the control surface movements (Table 11) and
a hydraulic load profile diagram for a narrowbody aircraft.59 The air-flow requirements for the ECS were
derived using the method of Section V assuming 50% recirculation, and for the IPS using the method of
Section VI-A. For both CSA and ESA designs, the IPS was assumed to be deactivated for cruise.

For the ESA-design, the ECS cabin air-flow requirements were the same as that for the CSA-design.
However, the power required for the ECS was computed for each point in the mission profile based on
the compression work required to bring the captured ram air to the required ACM inlet temperature and
pressure. Similary, the electric WIPS and CIPS power requirements were computed based on the required
heat flux obtained using the methods of Section VI-B.

Taxi-out

(6 min)

Takeoff

(1.6 min)

Climb

(14.3 min)

Cruise

(379.7 min, M 0.75, ICA 33 kft)

Descent

(27.4 min)

Landing

(5 min)

Taxi-in

(6 min)
3,000 NM

Reserve fuel:

200 NM div.

30 min hold

Figure 11. Flight profile for mission performance analysis

B. Engine Performance Data Table (Engine Deck)

Engine performance data tables (engine decks) for the mission simulation were obtained using the Environ-
mental Design Space (EDS) tool.60 EDS is a tool developed for the U.S. Federal Aviation Administration’s
Office of Environment and Energy (FAA/AEE) and NASA as part of a comprehensive suite of software
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Table 11. Characterization of aileron, elevator, rudder, and flight spoiler movements

Surface → Aileron Elevator Rudder Flt. Spoiler

Phase ↓ +δ̄/− δ̄ f (Hz) +δ̄/-δ̄ f (Hz) +δ̄/-δ̄ f (Hz) δ̄ f (Hz)

Ground +1/-1 0.4 +1/-1 0.4 +1/-1 0.4 1 0.4

Takeoff +0.12/-0.2 0.4 +0.2/-0.2 0.4 +0.2/-0.2 0.4 0.12 0.4

Climb +0.12/-0.2 0.2 +0.2/-0.2 0.2 +0.2/-0.2 0.2 0.12 0.2

Cruise +0.5/-0.5 0.4 +0.3/-0.3 0.4 +0.3/-0.3 0.4 0.5 0.4

Descent +0.12/-0.2 0.3 +0.2/-0.2 0.3 +0.2/-0.2 0.3 0.12 0.3

Landing +0.4/-0.53 0.3 +0.53/-0.53 0.3 +0.53/-0.53 0.3 0.4 0.3

Table 12. Subsystem loads for CSA and ESA designs per flight phase

CSA & ESA Unit Ground Takeoff Climb Cruise Descent Landing

Instruments kW 8 8 8 8 8 8

In-flight entertainment kW 10 10 10 10 10 10

Galley loads kW 0 0 40 40 0 0

Essential lighting kW 10 10 10 10 10 10

Engine-driven fuel pump kW 8 8 8 8 8 8

Electric fuel pump kW 8 8 8 8 8 8

ECS recirculation kW 5 5 5 5 5 5

E/E cooling kW 6 6 6 6 6 6

Miscellaneous loads kW 5 5 5 5 5 5

+ Only CSA Unit Ground Takeoff Climb Cruise Descent Landing

Hydraulic system kW 9.8 17.1 13.1 12.5 15.1 23.5

ECS kg/s 1.05 1.05 1.05 1.05 1.05 1.05

Wing IPS (running-wet) kg/s 0.97 0.97 0.2 0 0.31 0.97

Nacelle IPS (evaporative) kg/s 1.13 1.13 2.58 0 1.09 1.13

tools allowing a thorough assessment of the environmental effects of aviation. It is an integrated, physics-
based, multidisciplinary modeling and simulation environment combining core modules originally developed
by NASA coupled with design rules and logic along with user defined engine and airframe design parameters
to create aircraft designs. At the core of this tool is the Numerical Propulsion System Simulation (NPSS)61

tool, which was used to generate two engine decks that were representative of the CFM56-7B27 engine,62

but did not utilize or contain any proprietary information.
As noted by Jones,3 the effect of subsystem architecture on fuel burn may be mis-represented if an analysis

considers pure shaft-power extraction from an engine designed for “mixed” off-take (both shaft-power and
bleed extraction), or conversely “mixed” extraction from an engine designed to provide only shaft-power
off-take. This work, therefore, utilized two separate engine decks for the two architectures considered. The
first, representing an engine designed for both shaft-power and bleed extraction, was used for the mission
performance evaluation of the CSA-design. The second, representing an engine meant to provide only shaft-
power off-take, was used to evaluate the mission performance of the ESA-design.

C. Comparison and Discussion of Architecture Performance

Table 13 is a summary of the vehicle and mission performance characteristics of the CSA, ESA-U, and ESA-
C designs. The first data column is merely the baseline vehicle with conventional subsystem architecture
(CSA) that utilized both shaft-power and bleed extraction. The percentage changes of parameters in the
remaining two data columns (for ESA-U and ESA-C) are relative to the corresponding baseline parameters.
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Table 13. Comparison of three architectures - CSA (baseline), uncycled ESA (ESA-U), cycled ESA (ESA-C)
(percentage changes are shown relative to the baseline CSA-design)

Parameters CSA design ESA-U design ESA-C design

Wing

Ref. area, m2 (ft2) 124.8 (1,343) 124.8 (1,343) = 121.1 (1,304) -2.92%

Span, m (ft) 34.3 (112.6) 34.3 (112.6) = 33.8 (111.0) -1.42%

Loading, kg
m2 ( lb

ft2 ) 622.5 (127.5) 610.1 (125.0) -1.98% 622.5 (127.5) =

Propulsion

SLST, kN (lbf) 242.9 (54,600) 242.9 (54,600) = 235.8 (53,004) -2.92%

Thrust/weight ratio 0.3189 0.3254 +2.02% 0.3189 =

Mass

OEW, kg (lb) 41,871 (92,310) 41,163 (90,749) -1.69% 40,626 (89,565) -2.97%

MTOW, kg (lb) 77,655 (171,200) 76,118 (167,811) -1.98% 75,385 (166,195) -2.92%

MRW, kg (lb) 77,880 (171,696) 76,339 (168,298) -1.98% 75,603 (166,676) -2.92%

MLW, kg (lb) 65,215 (143,774) 63,924 (140,928) -1.98% 63,308 (139,570) -2.92%

Payload, kg (lb) 14,987 (33,041) 14,987 (33,041) = 14,987 (33,041) =

Fuel

Block fuel, kg (lb) 17,556 (38,704) 16,819 (37,080) -4.20% 16,658 (36,725) -5.12%

Trip fuel, kg (lb) 17,294 (38,127) 16,568 (36,526) -4.20% 16,414 (36,187) -5.09%

Total fuel, kg (lb) 20,929 (46,140) 20,094 (44,300) -3.99% 19,894 (43,859) -4.95%

Cruise fuel, kg (lb) 14,869 (32,780) 14,346 (31,627) -3.52% 14,210 (31,328) -4.43%

The second data column is the uncycled design with electric subsystem architecture (ESA-U). The wing
area and thrust rating are identical to the baseline (CSA). However, the reduction in fixed equipment mass
(shown in Table 10) resulted in a further reduction in the Operating Empty Weight (OEW). The reduction
in mission fuel burn was driven by the combined effects of the reduction in OEW and the transition to
the electric (most notably “bleedless”) subsystem architecture. The OEW and mission fuel burn reduction
together resulted in a reduction in the vehicle MTOW. As the wing area was fixed, the reduction in MTOW
naturally resulted in a lower wing loading (WTO/Sw), and as the thrust rating was fixed, the MTOW
reduction resulted in a higher thrust-to-weight ratio (TSL/WTO). The 1,537 kg (3,388 lb) difference in
MTOW between the ESA-U and CSA designs can be exploited to increase the operational capabilities,
either by increasing the payload capability (maintaining fixed range), or the range capability (maintaining
fixed payload). The ESA-U is thus more representative of a re-engined “retro-fit” of an existing aircraft
design than of a new conceptual design, and shows the basic effects of the subsystem architecture changes.

For the conceptual phase AEA/MEA designer designing to a fixed set of payload-range and operational
requirements, however, the ESA-U is merely an intermediate step. The logical subsequent step is to “cy-
cle” the design in response to the vehicle and mission level effects driven by the CSA→ESA-U subsystem
architecture transition. This results in the cycled design (ESA-C), shown in the third data column.

To obtain the ESA-C, the same payload, range, and operational capabilities (thrust-to-weight ratio and
wing loading) as the baseline CSA were enforced. In addition, the original tail volume coefficients of the
horizontal stabilizer (Vh = 1.04) and the vertical stabilizer (Vv = 0.09) were maintained. With this rule-set,
the re-sizing of the vehicle and its subsystems triggered by the change in OEW and fuel consumption (Fig. 2,
with both “size” and “analyze” functions active) resulted in a converged solution with a MTOW, wing area,
and required sea-level static thrust (SLST) reduction of 2.92%. The additional reductions obtained in OEW
(∼ 1.3%) and MTOW (∼ 1%) between ESA-U and ESA-C through cycling of the design are not insignificant.

The predicted fuel burn reduction is slightly higher than that predicted by Jones3 for an Airbus A320
AEA (∼ 4%). It should be noted, however, that drag increments from two causes were not accounted for
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in this analysis: (i) due to the two additional ram air inlets feeding the electric compressors in the electric
ECS and (ii) due to the possible build-up of ice on the protected wing surface during the “OFF” period of
the cyclic heating cycle. Had they been accounted for, these two effects, the first continuous and the second
present in mission segments with icing risk, would have tempered the predicted fuel burn reduction.

The fixed equipment weight reduction predicted in Table 10 is based off first estimates from component
models and methods that utilized only public domain information. However, even when more sophisticated
(and likely proprietary) methods are used, considerable uncertainty remains in the conceptual design phase
regarding subsystem component and group weights. This applies for conventional architectures, and even
more so for electric architectures. In fact, there is no agreement in the community over whether transitioning
to electric subsystems would result in lower or higher fixed equipment weight.

As a side-analysis, therefore, the CSA→ESA-U transition was made, but the baseline CSA’s OEW was
retained. Even then, it was found that the migration of actuation subsystems from hydraulic to electric,
and the migration of ECS and IPS from engine-bled to bleedless architectures still accounted for a 2.88%
reduction in cruise fuel burn. Thus, even a certain increase in OEW could be tolerated without an overall
penalty in mission fuel requirements or vehicle gross weight.

X. Conclusions and Future Work

Amethodology was demonstrated to integrate a more thorough analysis of the aircraft subsystems into the
conceptual design phase, with a focus on All Electric or More Electric subsystem solutions. First, methods
suitable for subsystem analysis in the conceptual design phase were presented. These rapid-evaluation
methods, some using a first-principles approach, enabled a requirements-driven analysis of aircraft subsystems
such as flight control actuation, landing gear actuation, braking, nose-wheel steering, environmental control
system, ice protection system, and also electric taxiing. Wherever possible, the subsystem characteristics
predicted by these methods were compared with published or publicly available information.

Using Pacelab SysArc, a tool for aircraft systems architecting and analysis, an electric subsystems archi-
tecture (ESA) for a baseline narrowbody aircraft was developed and compared to a conventional subsystems
architecture (CSA). The CSA→ESA transition was predicted to offer a reasonable weight savings. As a first
analysis, the reduction in fuel consumption due to the change in architecture was evaluated, with the vehicle
geometry and propulsion characteristics kept fixed. This uncycled intermediate design, the ESA-U, allowed
the evaluation of the vehicle and mission level impacts of the architecture transition, and the potential
increase in utility (range or payload) possible for a re-engined retro-fitted design.

As a second analysis (representing conceptual phase designing to fixed requirements), the ESA-U design
was cycled (re-sized) while maintaining the same payload and range capability (i.e., utility), wing loading and
thrust-to-weight ratio (i.e., operational capabilities), and tail volume ratios (representative of stability and
controllability) as the CSA baseline. This process, during which the required wing area, required sea-level
static thrust, and subsystem components were re-sized in parallel as per the proposed methodology, allowed
the additional “snowball” effects from the subsystem architecture changes to be captured.

Given the existing lack of agreement in the community regarding the vehicle-level weight benefits of the
CSA→ESA transition, a side-analysis was performed where the transition was made, but with the original
CSA’s OEW retained. This analysis showed that the change in the form of secondary power extraction
(mixed off-take to pure shaft-power off-take) itself resulted in a fuel burn reduction, implying that a certain
OEW increase could be tolerated without a mission level fuel burn penalty.

Future extensions to the analysis presented will include subsystems that were not considered in this
paper, such as thrust reverser actuation, as well as additional effort directed at improving the fidelity of the
analysis methods and component models. While this work used a single-aisle narrowbody aircraft as the test
case, future work will also cover additional aircraft categories. These will include larger commercial aircraft,
for which it has been claimed that the transition from conventional to electric subsystems may result in
larger benefits, as well as smaller ones such as business jets and general aviation airplanes.

This analysis considered the two extreme subsystem architectures: conventional and All Electric. How-
ever, it is clear from the Boeing 787 and the Airbus A380 that the transition between these two is likely to
be a progressive one, featuring More Electric Aircraft in between. The MEA conceptual designer will then
face the additional task of determining which subsystems to target for electrification. This choice, which
may very well differ depending on the aircraft category, is clearly a multi-objective decision-making problem
to be tackled in the face of considerable uncertainty and risk, and will form the subject of future papers.
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Appendix - Air Cycle Machine (ACM) Characteristics

Figure 12. Air Cycle Machine (ACM) schematic
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Table 14. Air Cycle Machine parameters

Parameter Symbol Value

Compressor efficiency ηc 0.75

Turbine efficiency ηt 0.80

Ram diffuser efficiency ηrd 0.95

Pack air ∆P/P µh 0.18

Ram air ∆P/P µc 0.06

HX max effectiveness ǫmax 0.80

Acknowledgments

The authors would like to acknowledge Mr. Christopher Perullo, Research Engineer II at the Aerospace
Systems Design Laboratory, for supporting this work through his expertise with the EDS and NPSS tools.

22 of 24

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 M

at
hi

as
 E

m
en

et
h 

on
 F

eb
ru

ar
y 

11
, 2

01
7 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I:
 1

0.
25

14
/6

.2
01

4-
30

12
 



References

1Mattingly, J. D., Aircraft Engine Design, American Institute of Aeronautics and Astronautics Education Series, 2002.
2Cronin, M., “The all-electric aircraft,” IEE Review, Vol. 36, No. 8, 1990, pp. 309 –311.
3Jones, R., “The More Electric Aircraft - Assessing the Benefits,” Proceedings of the Institution of Mechanical Engineers,

Part G, Journal of Aerospace Engineering, Vol. 216, 2002, pp. 259–270.
4Faleiro, L., “Beyond the More Electric Aircraft,” AIAA Aerospace America, September, 2005, pp. 35–40.
5National Transportation Safety Board (NTSB), “Aircraft Accident Report - United Airlines Flight 232, McDonnell

Douglas DC-10-10, Sioux Gateway Airport, Sioux City, Iowa, July 19, 1989,” Tech. Rep. NTSB/AAR-90/06, 1990.
6Cloyd, J., “Status of the United States Air Force’s More Electric Aircraft initiative,” Aerospace and Electronic Systems

Magazine, IEEE, Vol. 13, No. 4, 1998, pp. 17–22.
7Thompson, K., “Notes on ’The electric control of large aeroplanes’,” Aerospace and Electronic Systems Magazine, IEEE,

Vol. 3, No. 12, 1988, pp. 19 –24.
8Navarro, R., “Performance of an Electro-Hydrostatic Actuator on the F-18 Systems Research Aircraft,” in “16th Digital

Avionics Systems Conference,” Irvine, California, 1997.
9Jensen, S., Jenney, G., and Dawson, D., “Flight test experience with an electromechanical actuator on the F-18 Systems

Research Aircraft,” in “19th Digital Avionics Systems Conference, 2000,” Vol. 1, 2000, pp. 2E3/1 – 2E310.
10Burkhard, A. and Dietrich, R., “Joint Strike Fighter Integrated Subsystems Technology, A Demonstration for Industry,

by Industry,” Journal of Aircraft, Vol. 40, 2003, pp. 906–913.
11Vohnout, S., Bodden, D., Kim, B., Wagoner, R., Kunst, N., Edwards, P., Gleeson, B., Cascio, D., Brzuszkiewicz, S.,

Wagemans, R., Rounds, M., and Clements, N., “Prognostic-Enabling of an Electrohydrostatic Actuator (EHA) System,” in
“Annual Conference of Prognostics and Health Management Society,” Minneapolis, MN, 2012.

12Van den Bossche, D., “The A380 Flight Control Electrohydrostatic Actuators, Achievements and Lessons Learnt,” in
“25th International Congress of the Aeronautical Sciences, ICAS 2006,” Hamburg, Germany, 2006.

13Kulshreshtha, A. and Charrier, J., “Electric Actuation for Flight and Engine Control: Evolution and Challenges,” in
“SAE-ACGSC Meeting 99,” SAE, 2007.

14Atallah, K., Caparrelli, F., Bingham, C., Schofield, N., Howe, D., Mellor, P., Maxwell, C., Moorhouse, D., and Whitley,
C., “Permanent magnet brushless drives for aircraft flight control surface actuation,” in “Electrical Machines and Systems for
the More Electric Aircraft (Ref. No. 1999/180), IEE Colloquium on,” London, U.K., 1999, pp. 8/1 –8/5.

15Fronista, G. and Bradbury, G., “An electromechanical actuator for a transport aircraft spoiler surface,” in “Energy
Conversion Engineering Conference, 1997. IECEC-97., Proceedings of the 32nd Intersociety,” Vol. 1, 1997, pp. 694–698,
doi:10.1109/IECEC.1997.659274.

16Recksiek, M., “Advanced High Lift System Architecture with Distributed Electrical Flap Actuation,” in “Aviation System
Technology Workshop,” Hamburg, Germany, 2009.

17Bennett, J., Mecrow, B., Jack, A., Atkinson, D., Sheldon, S., Cooper, B., Mason, G., Sewell, C., and Cudley, D., “A
prototype electrical actuator for aircraft flaps and slats,” in “Electric Machines and Drives, 2005 IEEE International Conference
on,” San Antonio, TX, 2005, pp. 41–47.

18Bennett, J., Mecrow, B., Atkinson, D., and Atkinson, G., “Safety-critical design of electromechanical actuation systems
in commercial aircraft,” Electric Power Applications, IET, Vol. 5, No. 1, 2011, pp. 37–47.

19“Goodrich 787 Electro-Mechanical Brake,” UTC Aerospace Systems - capabilities, http://utcaerospacesystems.com/
cap/Documents.

20Nicolas, Y., “eTaxi - Taxiing aircraft with engines stopped,” Flight Airworthiness Support Technology (FAST) 51, Airbus
Technical Magazine, http://www.airbus.com/support/publications/, 2013.

21Sinnett, M., “Boeing 787 No-Bleed Systems: Saving Fuel and Enhancing Operational Efficiencies,” http://www.boeing.

com/commercial/aeromagazine/, 2007.
22Pacelab SysArc - Overview, www.pace.de/products/preliminary-design/pacelab-sysarc.
23PACE Aerospace Engineering and Information Technology GmbH, www.pace.de.
24Chakraborty, I., Mavris, D., Emeneth, M., and Schneegans, A., “A System and Mission Level Analysis of Electrically

Actuated Flight Control Surfaces using Pacelab SysArc,” in “AIAA Science and Technology Forum and Exposition (SciTech
2014),” National Harbor, MD, AIAA-2014-0381, 2014.

25Roskam, J., Airplane Design Part V - Component Weight Estimation, Design Analysis & Research, 1999.
26Raymer, D., Aircraft Design: A Conceptual Approach, AIAA Education Series, 4th ed.
27Botten, S., Whitley, C., and King, A., “Flight Control Actuation Technology for Next-Generation All-Electric Aircraft,”

Technology Review Journal - Millenium Issue, pp. 55–68.
28Chakraborty, I., Jackson, D., Trawick, D., and Mavris, D., “Development of a Sizing and Analysis Tool for Electrohy-

drostatic and Electromechanical Actuators for the More Electric Aircraft,” in “AIAA Aviation 2013 Conference,” Los Angeles,
California, AIAA 2013-4282, 2013.

29Chakraborty, I., Trawick, D., Jackson, D., and Mavris, D., “Electric Control surface Actuator Design Optimization and
Allocation for the More Electric Aircraft,” in “AIAA Aviation 2013 Conference,” Los Angeles, California, AIAA 2013-4283,
2013.

30Roskam, J., Airplane Design Part VI - Preliminary Calculation of Aerodynamic, Thrust and Power Characteristics,
Design Analysis & Research, 1999.

31Scholz, D., “Development of a CAE-Tool for the Design of Flight Control and Hydraulic Systems,” in “AeroTech ’95,”
Birmingham, U.K., 1995.

32Kelly, J. and McCullough, G., “Aerodynamic Loads on a Leading-edge Flap and a Leading-edge Slat on the NACA
64A010 Airfoil Section (NACA TN 3220),” Tech. rep., National Advisory Committee for Aeronautics (NACA), 1954.

23 of 24

American Institute of Aeronautics and Astronautics

D
ow

nl
oa

de
d 

by
 M

at
hi

as
 E

m
en

et
h 

on
 F

eb
ru

ar
y 

11
, 2

01
7 

| h
ttp

://
ar

c.
ai

aa
.o

rg
 | 

D
O

I:
 1

0.
25

14
/6

.2
01

4-
30

12
 



33Moraris, V., Lawson, N., and Garry, K., “Aerodynamic and Performance Characteristics of a Passive Leading Edge
Krueger Flap at Low Reynolds Numbers,” The Aeronautical Journal, Vol. 116 (1181), 2012, pp. 759–769.

34Charrier, J. and Kulshreshtha, “Electric Actuation for Flight and Engine Control System: Evolution, Current Trends
and Future Challenges,” in “45th AIAA Aerospace Sciences Meeting and Exhibit,” Reno, Nevada, AIAA 2007-1391, 2007.

35Young, D., “Aircraft landing gears - the past, present and future,” Proceedings of the Institution of Mechanical Engineers,

Part D: Journal of Automobile Engineering, Vol. 200, No. 2, 1986, pp. 75–92.
36Li, W. and Fielding, J., “Preliminary Study of EMA Landing Gear Actuation,” in “28th International Congress of the

Aeronautical Sciences (ICAS 2012),” Brisbane, Australia, 2012.
37Jenkins, S., “Landing Gear Design and Development,” Proceedings of the Institution of Mechanical Engineers, Part G:

Journal of Aerospace Engineering, Vol. 203, No. 1, 1989, pp. 67–73.
38“Federal Aviation Regulations (FAR) Part 25 - Airworthiness Standards: Transport Category Airplanes, Federal Aviation

Administration (FAA),” available online at http://www.ecfr.gov/.
39Collins, A., “EABSYS: Electrically Actuated Braking System,” in “IEE Colloquium on Electrical Machines and Systems

for the More Electric Aircraft,” London, U.K., 1999, p. 4.
40Bernery, Y. and Minehan, J., “Actuation Technologies and Application - Braking and Landing Gear Actuation,” in

“Technologies for Energy Optimized Aircraft Equipment Systems (TEOS forum),” Paris, France, 2006.
41Allen, T., Miller, T., and Preston, E., “Operational Advantages of Carbon Brakes,” http://www.boeing.com/commercial/

aeromagazine/, 2009 Quarter 3.
42Honeywell, “Boeing 737 NG Wheel and CERAMETALIX Brake - Proven braking performance and reliability with low

operational costs,” http://aerospace.honeywell.com/~/media/UWSAero/common/documents/myaerospacecatalog-documents/

ATR_Brochures-documents/737NG_Data_Sheet_US.pdf.
43Root, R., “Brake Energy Considerations in Flight Operations,” www.smartcockpit.com, 2003.
44Bennett, J., Mecrow, B., Atkinson, D., Maxwell, C., and Benarous, M., “Fault-tolerant electric drive for an aircraft nose

wheel steering actuator,” IET Electrical Systems in Transportation, Vol. 1, No. 3, 2011, pp. 117–125.
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